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1 

A flight  test at transonic and supersonic  speeds was conducted on 
a  rocket-propelled  airplane model having a thin strai'ght tapered wing of 
aspect  ratio 3 and hexagonal airfoil sections. Information "8 obtained 
on the  longitudinal  stability and control  characteristics .*of the 
configuration by analyzing  the  response of the model to rapid  deflections 
of the  horizontal tail. The Mach mer range covered in the  test was 
frcm 0.75 to 1.42. The flying qualities for an assumed full-ecale  air- 
plane  were  computed. 

The results  obtained  indicated that a& nonlinearity o f  the  lift 
curve8  is  present  at Mach numbers  between 0.75 and 1.00. At high sub- 
sonic  speeds maximum normal-force  coefficients of about 0.8 were  obtained 
W i n g  abrupt pull-ups. The aerodynamic  center  varies soxuewhat errati- 
cally with Mach rmniber, f irst ,moving forward and then mving rearward, 
in two steps, a total distance of about 2'7 percent of the mean aerodynamic 
chord as the Mach mmiber is increased from subsonic to supersonic speeds. 
The  damping of the  short-period  longitudinal  oscillation (in cycles to 
damp to one-tenth  amplitude) for an assumed full-scaie airplane  at an 
altitude of 40,000 feet and supersonic 8pee.d~ would be rather  poor .with 
the center of gravity at 12; 4 percent of the m e a n  aerodynamic chord. 
The  maneuverability of the assumed airplane at subsonic  speeds' and  an 
altitude of 40,000 feet would be seriously  limited by the maxirmrm. lift 
coefficient  attainable. 
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INTRODUCTION 

- .  
A general  research  program,  utilizing  rocket-propelled models in 

free  flight, has been  initiated  by  the National Advisory  Committee f o r  
Aeronautics  to  study  the  longitudinal  stability  and  control  charac- 
teristzcs of airplane  configurations at transonic  speeds.  Both  the 
static and dynamic  stability  characteristics  are  obtained  by  disturbing 
the model during  flight  and  studying  the  resulting  motion. The present 
paper  contains  the  results  from  the  flight of the  first  model  in  this 
program. The model-had a straight  tapered wing and  horizontal  tail of 
aspect  ratio 3 with  4.5-pepcent-thick hexagonal airfoil  sections.  The 
Mach  number  range  covered  in  the test wa8 from.0.75  to 1.42. 

A n  all-movable  horizontal tail was used for longitudinal  control 
and  during  the  flight  the  tail was moved  between  deflections of _+2O in 
approxhuately a square-wave  pattern.  The  basic  aeroaynamic  parameters 
of  the  airplane  configuration and the flying qualities  for a full-scale 
airplahe were  determined from the  response of the  model  to  the  elevator 
motion.  An'analysis of the  flight  time  history was made  to  obtain  the 
longitudinal  stability  characteristics  for  this  configuration. The 
methods  of analysis used are  described in some  detail.  The model was 
flown at  the  Langley  Pilotless  Aircraft  Research  Station, Wallops 
Island,  Va . 

SYMBOLS 

normal-force  coefficient (pf) 

. .  
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* .  
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. .. I 

chord-force  coefficient 
. I  

lift  coefficient (Q cos a - Cc sin a) 

drag coefficient (Cc cos a + CN s tn  a) 

pitching-moment.  coeiftcient 

hinge-moment  coefficient 

n o m 1  acceleration,  feet per second  per  second rn 

longitudinal  acceleration,  feet  per  second per second; . . 
poeFtive forward - . *  
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acceleration of gravlty, feet   per second per second 

total pressure, g m d s  per square f o o t  

free-stream s t a t i c  pressure, pounde per square foo-t 

dynamic pressure, pounds per square foot 
E rn2)  

abnospheric  density, slug8 per cubic  foot 

specific  heat  ratio,  (1.40) equations  for 

flight-path  angle  (equation ( f i g ) ) ,  degrees 
. .  ( 

velocity,   feet  per second 

velocity of sound, feet per second 

Mach number 

weight, pounds 

wing area  (including the area enclosed within the 
fuselage),  sqyare feet 

wing mean aerodynamic  chord, f e e t  

angle of attack,  degrees 

elevator  deflection, degrees 

angle of pitch,  degrees 

m&nt of inertia about y-axis, slug-feet2 

radius of gyration in pitch 

I 

I 

I 
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2 

P 

t 

tail leneh;  distance frm center of gravity t o  t a i l  
aerodynamic center' 

period of oscil lation, seconds 

'time, seconds 

t h e  t o  damp t o  x fraction of original amplitude, 
seconds 

%/lo cycles  required  to damp t o  one-tenth  amplitude 

@ 
A,B,C,X,Y,Z,# constants  used i n  developing  equations  for  anaJysis 

I 

angle of roll,   (equation (a?)), degrees 

X a C  

. .  
Subscripts: 

T 

a. 

m 

distance from leading edge of mean aerodynamic chord 
to aerodynamic center of airplane,  percent of mean 
aerodynamic chord 

distance from leading edge of mean aerodynamic chord 
to  center of gravity of airplane,  percent of mean 
aerodynamic chord. 

tr Im 

airplane 

model 

0 value a t  a = 6 = 0 

I 

The symbols a, 6, q, and a used as subscripts  indicate the 
derivative of the quantity  with  respect  to the subscript, for example 
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MODEL AND APPARATUS 

A three-view drawing of the model i s  sham in figure 1. This ‘was 
a general  research model representing no particular airplane configu- 
ration. The fuaelage w a s  a body of revolution  cohtaining a cylindrical  
center  section and a nose and tai l   section  derived from nose shape of 
model 9 of reference 1 b y  increasing  the nose fineness r a t i o .  The 
ordinates of the nose and tai l  sections of the fuselage  are  given in 
tab1e.I .  -The  Fuselage w a s  not an optimum aerodynamic  shape but was 
selected  from.consideratione of ease of fabrication,  adaptabili ty  for 
altering  fuselage shape  and internal arrangement,  and of minimizing 
wing-fuselage interference changes when changing wing location  or plan 
form (see  reference 2).  Since major changes in’wing plan form, size, 
and location  are contemplated i n  a general  research program, the. 
ve r t i ca l  tail was designed to provide a fairly  large  reaerve margin 
of direct ional   s tabi l i ty .  

The w i n g  used on the model described  herein &ad a 4.5-percent-thick 
hexagonal a i r fo i l   sec t ion  as.shown in  figure 1 end’was made of solid 
s tee l .  The amaunt of sweepback incorporated (16O a t  the quarter-chord 
l i ne )  was selected from aeroelastic  consideratiom.  Since  the  aero- 
aynamic e f fec t  of this amount  of  sweep w o u l d  be very small, the dng . 
is considered to  be u n s e p t   f o r  purposes of discussion and comparison 
with other reaults. Photographs of the model are   sham in figure 2. 

1 

I 

The. so l id  duralumin horizontal t E L i l  w a s  ident ical  t o  the ving in I 

plan form and section and was mounted on a ball   bearing built in to  the 
ver t ica l  tail (f ig .  3 ) .  w tai l ’h inge  line was a t  k percent of the I 

tail mean aerodynamic chord. During the flight the tail was operated 
as an elevator by an   e lec t r ic  motor between deflectione of f2O in  
approximately- a square-wave psttern.  ~ ~ a e  horizontal tail was placed in 
a rather high posi t ion  to  minimize tr5m changea due t o  domksh changes 
- i n  the transonic  region. 

I 

For this t e s t   t he  weight of the model was 126 pounds, the  pitching 
moment  of i ne r t i a  was 8.91 slug-feet squared, the  center of gravity 
was a t  12.4 percent of the raean aerodynamic chord. 

. .  

The model contained a six-channel telemeter. The measurements made 
were normal and longitudinal  acceleration,.elevtor  deflection,  angle of 
attack, t o t a l  pressure,  and a reference  static  pressure for determining 
Mach  number and dyzamic pressure. The angle of attack w a s  measured  by 
a vane-type instrument located on the nose of the model ( f ig .  2) which 
i s  more fully described i n  reference 3. The total-pressure tube was I 

located on a small strut below the fuselage. Previous f l i g h t s  of instru- 
mentation $est models had shown that this location  caused no measurable 
“Lotal-pressure errors.  
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A Doppler radar unit was a n i l a b l e   f o r  measuring the velocity of 
the model and a tracking  radar was available for obtaining range and 
elevation  as a function of time. Atnospheric  conditions were determined 
frm a radiosonde  released at the time of f i r ing .  Fixed and  manually 
operated 16-mil~meter motion-picture cameras  were used t o  observe the 
launching and the first prt of the flight. 

The model.was boosted t o  a Mach  number of 1.42 by a 6-inch-diameter 
dry-fuel Deacon rocket motor and was then  separated from the booster by 
reason of  the  different drag-weight ra t ios  of the model and  booster. 
The model i t s e l f  contained no rocket. 

For  launching, the model was atta,ched t o  the fiont of the booster 
as a cantilever (fig. 4) by means of the cone-shaped end of the model 
( f ig .  1). The booster was supported-on a crutch-type  launcher as 
shown in figure 4. The launching  angle was 44.5'. 

Test 

All. of the data. were obtained during the  decelerating  part of the 
f l i g h t  following separation of the model and booster. An e lec t r ica l  
power unit  within  the model operated  the  elevator between deflections 
of approximately *zO i n , a  continuous square-wave  program a t  a rate of 
about 1 cycle  per second. Figure 5 shows typical  portions of the time 
his tor ies  of noml-force  coefficfent,  angle of attack,  elevator  deflec- 
tion, and Mach  number obtained  during  the  flight. The mall breaks i n  
the  elevator  deflection  curyes  (fig. g(b) )  indicate that the elevator 
i s  moving off the atop  sl ightly under the  action of the aerodynamic hinge 
moment. 

The Doppler radar and tMcking  radar  obtained  information  during 
the  boosted part of  the flight but   fa i led  to   t rack the model a f t e r  
separation from the  booster. The  Mach numbers and dynamic pressures 
during decelerating  f l ight were therefore  calculated  entirely fram the 
telemetered  total  pressure and static  pressure. The Doppler radar 
velocity;  obtained R;ct.nished a check on the Mach  numbers f r o m  telemetered 
measurements during the accelerating part of the  f l ight  and a t  peak 
velocity. 

I 
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- ' - The  Mach  number vas computed from the following relations:  

subsonic 

supersonic 

. .  
r where H was measured by the  total-pressure M e  underneath  the model 

( f ig .  1) and  p was obtained f r m t h e  reference  static-pressure - measurement. The static-pressure measurement ueed had been calibrated 
on prevtous  flights of instrumentation  test models. 

a 

The angles of. a t tack measured by the vane on the nose of the model 
were corrected t o  angles a t  the model center of gravity by the method of 
reference 3. 

The Reynolds numbers obtained w i n g  this f l i g h t  are shown in 
figure 6 as a function of Ihch nurber. 

Accuracy 

It is  impoesible t o  state precisely  the limits of accuracy of each 
quantity  derived from free-f l ight  model tests. Tests of ident ical  models 
probably  furnish  the  best check on t b  accuracy of the results. The 
probable  accuracy of the  various aerodynamic derivatives  -derived from the 
t e s t   r e s u l t s  depends on how they  are determined  (see  appendix A ) .  

In general the absolute value of any telemetered meaeurement can be 
i n   e r ro r  by 2 percent of the total calibrated instrument range'. The 
Iloppler radar velocity i s  known t o  be accurate to better  than 1 percent 
for  nonmaneuvering'model8. The Mach  number a t  peak velocity should 
therefore be accurate t o  1 percent or  better.  Since the Mach m b e r  
subsequent t o  peak velocity was determined from telemetered  data, it 
probably becomes lesa  accurate as the Mach nmber  decreases.  Since the 
dynamic pressure is proportional  to the Mach nmiber squared, i t 8  probable 
inaccuracy is approximately twice that .of the Mach number. 

I 

I 

I 
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Quantities such a s  C h  and CD are subject to the most error  
because they depend on the measured normal and  longitudinal  accelerations 
and the m i c  pressure. The quantity C& i s  determined from the 
period of an osci l la t ion and w i l l  thus be unaffected by the accuracy of 
the measured values of angle  of  attack  or normel acceleration. It will 
depend on the  accuracy  of  the dynamic pressure,  the  timing wka on the 
telemeter  record,  and  the  preflight  determination of the  model  moment of 
inertia.  Since the aerodynamic-center location depends on the r a t i o  
C % / C h  it should be unaffected by errors i n  determining dynamic 
pressure. Values of a and 8 and quantities determined from them 
are of course a l so  unaffected by dynamic pressure  errors. 

Analysis 

After  each  elevator  deflection  the model experienced a short-period 
osci l la t ion as shown iI; figure 5 .  These oscil lations were analyzed t o  
obtain the longitudinal aerodynamic derivatives  for the configuration 
tested and the flying qual i t ies   for   an asawned full-size  airplane. The a .  

methods of analysfs used are discussed i n  appendix A. Appendix B 
presents the results of a s t u d y  =de to investigate the effect  on the 
reaul ts  of the assumptions made in the  analysis. 

. .  

RESULTS AlJD DISCUSSION 

As can be seen frcm figure 5(b), the  time interval  during which the 
s tab i l izer  remained 'in a fixed  position was not  sufficient a t  Bubsonic 
speeds t o  permit mre than  about one cycle  ol-0-scll lation  to occur. The 
period of the osci l la t ion and the  variation of l i f t  with angle of attack 
could be determined, but no damping or trim data could be obtained. a t  
Mach numbers less than 1.05. The stops on the angle-of-dt-kck vane w e r e  
set a t  approximately f l O o  and a t  subsonic  speeds  the  angle of at tack 
exceeded this value f o r  a ahort time during the f irst  cycle of osci l la t ion 
following a negatlve stabilizer  deflection (f ig .  5(b)) .  T k  normal 
acceleration  during  the ~ame time interval shows an unsymmetrical 
character  while  the  angle 'of attack osc i l la ted   in  a fa i r ly   regular   s ine 
wave motion. As w i l l  be shown aubsequently, this indicates a probable 
s t a l l i ng  of the model. The small abrupt changes in   s tabi l izer   def lec-  
tion  during  the time it. was supposed t o  remain fixed amounted t o  about 
0.250 and should h&ve only a small ef fec t  on the motion (see  appendix A ) .  
The rate of deflection of the elevator i n  a positive  direction w8s 
different from that i n  the negative  dfrection, as shown in ' f igure 5 .  The 
two ra tes  of control  deflection were used t o  determine their relat ive 
des i rab i l i ty   for   t es t  and  analysis purposes. The faster  control  motion. 

I. 
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gave a larger amplitude of osci l la t ion w h i c h  permitted more accurate 
lift-curve  slopes t o  be determined but did not give as good trim data. 
The period”of the oscillation  could be determined  about equally  well 
from either  amplitude. The r a t e  of control  deflection  used  should  be . 
selected on the basis of the  information  required from the tes t s .  

The dAta presented  herein were obtained from the complete flight 
time ,h i s tor ies  by the me+hods  &iscuss,ed in appendix A .  All data 
presented are for  the center of g rav i ty   a t  12.4 Berkent of the- mean 
aerodynamic  chord. 

Basic Aerodynamic Parameters 

Lift-cGve slope. -  he variat ion of noml-force  coeff ic ient  w t t K  
angle of a t tack and with elevator  deflection i s  shown i n  figure 7 as a 
function of Mach  nuniber . Although angle-of-attack and  chord-force dah 
were available,  the normal-force &ta were not computed aB li?t coeffi- 
cients because the  difference is very small f o r  the  angles of a t tack 
obtained  and  considerable computing time was thereby  saved. The values 
of CL would be  smaller  than by about 1 percent a t  Mach nunfbers 
above 1.0 and by a  smaller amount a t  Mach numbers less  than 1.0. 

a 

The data indicate some nonlinearity of the. l i f t  curves i n  the 
regton from M = 0.75 to M = 1.0 as evidenced by the  different  slopes 
obtained  for normal-force coefficients  in  the  regions of $ = 0 and 0.4. 
no values of C N ~  could be determined  near CN = 0 a t  supersonic 
=pee&  because’of  the emall amplitudes of‘ oscillation  following  poeitive 
elevator  deflections. The indications  are that the nolilinearity ’ 

disappears a t  Mach numbers above 1.0 ( f ig .  7).  

Values of GN ca lcuhted  by the  three methods l i s t e d  in  appendix A 

a r e   f a i r l y  small f o r  this configuration and consequently  considerable 

8 
are  in&Lcated by the three sets  of symbols in  figure 7. The values of 

sca t te r  of the data is  evident. &ace equations (15). and (16) .of 
appendix A require t r im data they could  not be used below M = 1.05. 
Equation (14) did  not  give reliable data below M = 1.00 because of the 
nodinear  character of the  curves- of CN against a. 

c% 

?Jlaxlmum l i f t  coefficient. - At Mach numbers  below 0.95 the model 
apparently stalled each time it osci l la ted  to   a   posi t ive angle of a t tack 
following h negative  control  deflection. A typical   p lot  of CN against 
a a t  a  subsonic Mach  number is ehown in   f igure   8 (a) .  A similar p l o t  a t  
a supersonic Mach  number i s  shown i n  figure 8(b) fo r  comparison, The 
data points, shown are  the points  actually reduced from the  telemeter 

I 

I 
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record. The data were recorded  continuously, of course,  and  any number 
of points  could have been obtained. 

, -  
A s  'shown in  f igure 8(a), the  variation of CN with a, i s  l inear  

up to a C, . of about 0.6 as the angle of attack  increased  following 
control  deflection. Above Cm = 0.6 the curve became nonlinear and 
the  indications  are that- the model reached a stal led  a t t i tude.  The 
telemeter record  indica$ed a small high-fYequency vibrat ion  in   the non- 
linear portion of the curve. When the model decreased  angle of a t tack  
following the stall it a i &  not  follow  the same curve of-- CN against a,. 

. The la t ter  e f fec t  has been  observed i n  wind-tunnel  and wing-flow tests. 
7 .  

Figure 9 shows the maximum normal-force coefficients  obtained 
Wring those  oscil lations  in which the model was apparently stalled. 
Also given i n  the .figure are  several  values of the ra te  of change of 
angle of attack  preceding maxim lift. These,mxirmrm normal-force 
coefficients were, of course,  obtained under dynamic conditions  and are 
,not  necessarily  the same a s  would  be obtained  during s t a t i c  tes'ts. Data 
in  reference 4 show that the maximum lift coefficient  obtained i n  f l i g h t  
increases as the rate of pitch  preceding maxirmun l i f t  increases, The 
maximum ra tes  of pitch  obtained  in  reference 4 i n  terms of the liondimen- 
sional  factor - - used  herein were about 0.25. Unpublished resu l t s  

of other  similar tests indicate that t h i s  dyna,mic effect  on maximum l i f t  
decreases as the Mach  number increases  and  probably  di~appe8rS a t  high- 
subsonic Mach numbers. The unpublished data referred t o  and the data in 
reference 4 are   for  airplanes wi th  conventional round-nose airfdils.. 
Conclusions d q w n  from such tests m y  or m y  not be applicable  to sharp-. 
nose hexagonal a i r f o i l s  such as those  used on the model described  herein. 

d a F  
d t  2V 

Rerodynamfc-center location.- The measured periods of osci l la t ion 
of the angle of a t tack are used to  determine the s t a t i c   s t ab i l i t y .  The 
periods  are shown i n  figure lo(&> and the data converted t o  aerodynamic- 
center  location  are shown in  f igure  10(b).  The measured oscilla'tion 
periods  indicate some nonlinearity  in the pitching-moment curves at 
subsonic speeds. The curve faired through the data for negative  control 
deflections a t  subsonic  speeds has been dotted  to  indicate  those  periods 
which were obtained f r o m  the osc i l la t ions   in  which the angle-of-attack 
vane was against a stop during part  of the oscil lation. As the Mach 
number is increased above about 0.82 the aerodynamic cen te r   f f r s t  moves 
forward t o  i ts  most forward location of 35 percent  .of  the mean aerody- 
namic chord a t  a Mach number of 0.90. It then  mvea  rearward between 
Mach numbers of-0.90  and 1.0, remains fairly constant  to a Mach  number 
of 1.13, and  then moves rearward  again to   the  most Tearward location 
of 62 percent of the mean aerodynamic chord at a Mach.number  of 1.30. 



- Damping in   p i tch .  - The time required f o r  the  oscil lations of  the 
mode l  t o  damp t o  one-half  amplitude is  shown i n   f i gu re  ll( a) and the 
data converted t o  the damping factor hq + C%) a re  giyen in  figure l l ( b )  . 
Although the  decrease in  (Cnq + C&) with  increas- Mach  number above 
M = 1.05 appears t o  be  excessive, it is of the right order of magnitude 
when  cmpared with estimated  values. 

( 

- Drag. - The minimum drag coefficients  obtained from this flight. are 
shown in figure 12. The longitudfnal  accelerometer i n  this modelw~s 
cal ibrated  to  cover  a suff ic ient  range to  include the accelerations 
during  booster  burning  (about 18g) and  -thus did not  give  very good 
accuracy on the accelerations  (about -1g t o  -4g) developed durkng the 
time the  drag data were obtained. This i s  ‘evidenced by the acat ter  of 
data i n  figure 12. .. 

The drag a t  supersonic  speeds i s  fa i r ly   h igh  and €E due mostly to 
the  fuselage which is not E part icular ly  good shape for supersonic 
speeds, as mentioned previously. - 

The ef fec t ’of  l i f t  on drag is shown in various uaya i n  figures 13 - 
and 14. The ( decreases by about  one-half as the Mach number 

increases from 0.8 t o  1..0. This decrease fs apparently due t o  the 

increase i n  minimum drag  because - Coes not  increase  in thia Mach 

number ‘region, as shown i n  figure 13. The dashed ‘curve in figure 13 i s  a 

a D  

a N 2  

plot  of which should  equal the value of d% far .a wlng w € t h  
57 3cNa. dCEa2 

the  resultant  force normal t o  the chord  plane. The agreement between t h i s  
&e and the measured values of 5 is good except a t  the highest’ 

Mach numbers. The r a t h e r   h r g i  value of 5 at a Mach number of  1.35 

is  i n  accord with the results of reference 5 which give= a value of 
about 0.3 for 8 straight wing of aspect r a t i o  4 a t  a Mach m b e r  of 1.53. 

a m 2  
dcH* 

Longitudinal trim and control  effectiveness.- Curves of trim normal- 
force  coefficient  and trim angles of a t tack  are shown in  figure 15 for 
elevator  deflections of f2.00. TIE magn~tude of the trim change through 

r the  transonic-  region  cannot be deterqined from the data, but the indica- 
t ions from the  telemeter  record are that any  such trfm changes w e r e  small. 
It i s  interest ing t o  note that in the supersonic,region covered by the . ) .  

I 
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test a stabil izer  deflection of.2O trims the model a t  approximately  zero 
angle of a t tack and  zero l i f t .  This  indicates that a t  zero l i f t -  a 
downflow angle of approximately 2O probably  existed a t  the  horizontal 
tail. The value of C,, in the- supersonic  region  covered was calculated 
t o  be approximatel,y 0.095. The downflow angle i a  pr.obably  caused mostly 
by the converging  flow  over the rear portfon of the  fuselage  with 
possibly a small effec-b due t o  inflow  into the wing wake. I n  addition, 
the  drag of the tail surfaces would cause a positive  pitching mwnent. 

Although no values of trim l i f t -  or angle of at tack could be 
obtained below M = 1.05, the  amplitudes of motion indicated  that-the 
control  effec%iveness was maintained i n  the transonic  region. The 
ValUeS of Cms a r e  shown in  f igure 16. 

Airplane  Flying  Qualities 

The data have been also  analyzed  in  terqs of some of the  important 
flying-quality items for an assumed airplane a t  an altitude of 40,000 f e e t  
and  having the  charat ter is t ics  e m r a t e d  i n  table 11. A n  airplane 
having a  wing l ike  that  tested on the  rocket-model would necessarily 
carry all ,  or nearly a l l ,  of the f'uel in  the  fuselage, which accounts  for 
the rather large  value of moment of inertia given i n  table 11. 

Longitudinal trim and control  effectiveness.-  Elevator  deflections 
f o r  t r im  fo r  l eve l   f l i gh t  are'shown i n  figure 17. The control  effec- 
t iveness .   in  terms of n o m 1  accelerations-in g produced by a one- 
degree change in  elevator  deflection is shown in  f igure 18. 

As mentioned i n  appendix A, corrections  to the trim elevator 
deflections were made t o  account for- the model not  being in   s t ra ight  
l eve l   f l i gh t  w h e n  the trim deflections were determined. Calculations 
showed that for  the trim condition i n  figure 17 the correction never 
exceeded 0.02O of elevator  deflection. 

Dynamic s tab i l i ty . -  The period  and damping of the  short-period 
longitudinal  oecil lation  for the assumed airplane  are sham i n  
figure 19. The  damping ,of the osci l la t ion,   in  the region where  damping 
data could be determined, uas  not  very good when judged by the usual 
cr i te r ion  of cycles  to damp- t o  one-tenth  amplitude. In one cycle  the 
osci l la t ion damped t o  about  one-half  amplitude campared t o  the  desired 
value of one-tenth. One qf the  reasons for the  relatively poor damping 
is the  large moment of iner t ia .  Another reason i s  the  fa i r ly   large 
s t a t i c  margin used on the model. The damping, i n  terms of cycles 
r e k i r e d  t o  dazqp t o  one-tenth  amplitude, would  become bet ter  as the 
center of gravity is moved rearward. Also, of course,  the damping 
would be bet te r  a t  lower al t i tudes.  

I 

I 
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Maximum normal acceleration.- The values of maxirmrm normal acceler- 
a t ion that could  be  developed on the assumed airplane  in  the Mach 
n h e r  region where the model was apparently  stalled are shown i n  
figure 20. It is evident that very l i t t l e  nkneuverability is available 
at subsonic  speeds a t  an   a l t i tude  'of 40,000 feet ,  and  the airplane could 
not be maintained in level  flight a t  40,000 f e e t  below M = 0.73 unless 
a high-lift device of some kind w e r e  used. 

General Remarks 

The t e s t  technique  used  Involves meamiring some of the aeroaynamic 
derivatisres  while  the model i s  oscillating.  Analytical  investigations 
such as references 6 ,  7, and 8 show that  the oscillation  frequency ha8 
an effec% on the aerodynamic derivatives. For the  analysis  contained 
i n  this paper no calculations have been made of the effec t  of osci l la-  
tion frequehcy on the  results.  The aeroayllamic derivatives for  a 
full-scale  airplane would a l so  be affected  by such osci l la t ing motion, 
so for  calculating  the responee of the airplane the derivatives 
contained  herein  are  mre.nearly  applicable than those  obtained under 
essentially  steady f l o w  conditions. If the  rocket model.weie 
dynamically similar t o  the  full-scale  airplane, no corrections t o  the 
data f o r  transient  effects would be necessary. If it i s  desired t o  
compute such  corrections~, the osci l la t ion  per iods  in   f igure 10 may be 
used t o  determine the frequency'. 

CONCLUSIONS 

A f l i g h t   t e s t  a t  transonic and  supersonic  speeds of a rpcket- 
propelled  airpkne model having a thin  s t ra ight  wing of aspect   ra t io  3 
and  hexagonal airfoil section fndicdrted the following conclusions:' 

1. No large  or abrupt cbauges i n  l i f t -curve slope occurred in   the  
Mach  number range  covered (0.75 t o  1.42), but  evidence of some non- 
l i nea r i ty  in the l i f t  curves w a s  obtained at  Mach .numbers between 0.73 
and 1.00. ' 

2. The model apparently  stalled a t  Mach numbers below 0.95 following 
abrupt  control  deflection. Tkie mEucimLrm dynamic normal-force coefficients 
obtained were about 0.8. 

3. The aerodynamic-center location  varied with lift coeff ic ien t   in  
the'subsonic  region but showed no variation with l i f t  coefficient a t  
supersonic  speeds  within the range tested. The most forward aerodynamic- 
center  location of 35 percent of the mean aerodynamic chord  occurred a t  
a Mach  number of 0.90 and the most rearward location of 62 percent 
occurred a t  a Mach  number of 1.30. 

I 

! 
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4. The  drag  coefficients  are  fairly large at supersonic  speeds, 
probably  due to the  fueelage shape. 

5. The  dampiag of the  short-period  longitudinal  oscillation (in 
cyclee to damp to one-tenth  amplitude)  for an assumed  full-scale 
airplane at  an altitude of 40,000 feet  would  be  fairly  poor at auper- 
sonic  speeds  with a center-of-gravity  location at  12.4-percent of the 
mean  aerodynamic  chord. The damping time (in number of cycles) would 
improve if,the center of gravity  were  moved  rearward. 

. I  

. 6.  The maneuverability of a full-scale  airplane  at  subsonic 
epeeds at  an altitude of-40,000 feet w o u l d  be seriously  limited by the 
maximum lift  coefficient  attainable. 

Langley  Aeronautical  Laboratory 
National  Advisory  Committee for Aeronautics 

Langley  Air  Force  Baee, Va . 

I f  - 
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Method of Analysis 
t 

1 
The method  of analysis  used  herein  applies  to the free  osci l la t ion 

result ing from a step-function  disturbance. The complete derivation of 
the  equations  used w i l l  not be given  herein  became it i s  fairLv aAnple 
apd may be found i n  a r & & b . e r l o f . a m e s .  Only the final resu l t s  and the 
method of applying them t o  f ree-f l ight  models will be shown. The 
discussion has been kept general i n  character f o r  purposes of applica- 
t i on  t o  other models. Some of the procedures  di-scussed are not  directly 
applicable  to  the  particulax ltlodel discussed i n  the main body of the 
paper- 

In  order t o  simplify the  analysis  and  to permit the determination 
of e-quations for   the more important aeroaylaamic .derimtives,  several 
assumptions a re  necessary. It i s  assumed tha t  during the time interval  
Over which each  calculation is  made, the following conditions hold: 
the  forward  velocity  and Mach  nuniber are  constant; the aerodynamic forces 

and moments vary l fnear ly  with a, 8, 6, -, and E; and the model' is  

i n  level   f l ight   before  the disturbance is applied. A discussion of the 
effect  of these assumptions upon the  results w i l l  be faund i n  appendix B. 

The first assumption  mentioned in the  previous  paragraph  effectively 

da 
d t .  ' dt 

limits the longitudinal  disturbed. motion of t he   a i r c ra f t   t o  two degrees 
of freedam: t ranslat ion normal t o  the flight path and  rotation in  
pitch  about  the  center of gravity. The equations of motion resu l t in  
from these assumptions a re  

ml-(E 1 - E) = c a. + C ~ E  
57.3 at La 

When these  equations  are  solved the following equation f o r  the f r ee  
osci l la t ion of the  angle of a t tack is obtained: 

- .  - ,  
a = Cdtcos(Bt + $) + 9 (A3 1 

. ' 

I 

i 

I 

I 
I 

I 

I 
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The ,- is the steady s t a t e   o r - t r h  angle of attack  which-will   exist  
after the' omi l l a t ion  has damped out  and i s  the mean value  about which 
the  angle of at tack  osci l la tes .  The f i rs t  term  represents the 
osci l la t ion about the trim angle. Figure 21 is a schematic plot  
showing a typical  record of the  angle-of-attack  response  following a 
step  deflection of  the  aircraft-  control  surface. . 

The  constants A, By and 9 in   eqmt ion  (A3) .  are  independent of 
the  init ial .   conditions and the analysis  consists  essentially of finding 
the  numerical values of these constants fram the -sued daw and from 
them d e t e d n i n g  ..the aerodynamic characterist ics of the configuration 
tested. The constants C and @ depend  upon the initial conditions 
and are not  used in   the  analysis, so their numerical  values need not be 
knm for  the type of analysis  considered  herein. 

. F r o m  the envelope cwvea  enclosing the oac ' i u t ions   t he  damping 
constant A can  be  determined. If the  notation  in f i& 21 is 
referred to,. 

t2 - ;"1 

. The constant B defines the frequency or  period of the osci l la t ion and 
is  given by 

The constant q is  simply the  value of a after the  oscil lation has 
damped t o  a steady  value  or is the value of OG on the mean l ine  of the 
osci l la t ion as shown 'ia figure 21. 

In-  order t o  determine the constants A, B, and c q  f r o m  the 
measured data, i t - i s  necessary first t o  fair envelope  curves f o r  the 
osci l la t ion which should be logarithmic  .curves  according t o  equation (u). 
The  mean l ine between the two envelope  curves is drawn and  values 
of 9, al, P, and 9 can then be  determined  and A and B can  be 
calculated. 

The 8uccess of this  procedure depends i n  part upon the  oscil lations 
being  rather  lightly damped so that several  cycles  are  available  during 

'- t , - 

. 
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each osc i l la t ion   to  permit  the  fairing of envelope  curves 

17 

. If the 
oscillations  are  heavrly damped, other methods of analysis w i l l  be necessary. 

The arialytical  solution of equations ( A i )  and (e), which include 
those aerodynamic derivatives which previous  experience has indicated 
have an  important  influence on the motion, shows thctt the conatants A 
and B are  given by 

or 

Probably the most important 'aerodynamic derivatives .that have been 
omitted from this analysis  are and CL.. The ef fec t  of these and 

the other omitted terms upon the results is also  discussed i n  appendix B. 
Solving the  steady-etate  equations w i l l  give for q 

c=s a 

or 

* .  
%I! = 9 6 4  +, 

Equations (A6) and (A8) may be rearranged t o  give 

! 
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It i s  necessary  therefore t o  know the  value.of C ' and C, t o  use 
in  equations (All) and (A12) for   ca lcu la t ing   s ta t ic   s tab i l i ty  and 
damping. It ' is  not  possible  to separate the terns and when 

.a test procedure  measuring  only  angle of at tack and normal acceleration 
is used. The factor  calculated f'rm equation (All) is the t o t a l  damping 
coefficient of the configuration, however, and i s  the quantity  desired 
when estimating  the dynamic stability of a full-scale  airplane  or . 
miseile. Numerical calculations have shown that the last term i n  
equation (A12) w i l l  probably  always be very mll compared to   the  first 
term (less than 1 percent)  and may thus be omitted. Its effect  may be 
estimated,in any  case. If this term is omitted, the s t a t i c   s t a b i l i t y  
parameter i s  then 

L a  9 

% 

cma = --(B2 I' + A2) 
57.3 

The lift-curve  slope C for  u e  i n  equation (All) is f o p d  by 
=a 

plott ing CL against a as obtained From the f l i g h t  records  during  an 
osci l la t ion w i t h  the  control  surface i n  a fixed  position  and  graphically 
measuring the  slope. A typical  plot  w i l l  look l i k e  those shown i n  
figure 8. Another method of determining C h  i s  to  divide the measured' 

instantaneous  slopes %! and a t  a given Mach.  number. at at  

From C A, B, and the mass characterist ics of the model, the kt' 
damping factor Cm + C and the s ta t ic   s tab i l i ty   der iva t ive  

can be calculated by  u8e of equations ( A l l )  and (Al3). The aerodynamic- 
center  location  for  the  configuration is  then 

9" %i 

The trim characterist ics of the  configuration  are determined from 
equation. ( A l O )  . A plot   niy be made of the  valuea of q and 6 against 
h c h  number and  curves faired through the data,. The slope 2 i s  a6 

c. 

/ .  
L 
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r obtained from the increments. between the curves,  and q is obtained I 

8=0 
by interpolation between the two q curves. A s  can be seen from 

. equations (Ag) and ( A l O ) ,  it i s  now possible t o  calculate C,, and C, 6' 
The term 'ttri.m't has been  used herein to indicate a steady-state 

condition i n  which the model i s  flying with zero aerodynamic p i t c a  
moment but i n  general is not i n   s t r a igh t   l eve l  flight. When calculating 
airplane  s tabi l izer   set t ings  for   level-f l ight  trim and  for maneuvering, 
correctione should be applied t o  the  stabil izer  deflections determined 
f r o m  the model data t o  account for the  difference In fl ight-path cur=- 
ture between the madel and airplane a t  the Bame l i f t  coefficient . The 

from flight-path  curvature is 
.. equation for the increment of control-surface  deflection  resulting 

In general  the r o l l  angle $ will not be known fo r  the rocket - model. If the model wing loading is re la t ive ly  small, the second  term 
i n  equation ( A l 5 )  will be small compased t o  the first  t e r m ,  however, 
and t o  a f i r s t  approximation may be neglected. 

Several  procedures may now be used t o  determine CL~. The value of 
C can be  obtained from the increment i n  CL a t  any given  angle of. 

at   di f ferent   cohtrol   def lect ions.  I n  equation form, 

Ls 
\ - attack between the lift curves plotted for two successive  oscillations 

a=Constant c =  
L8 A8 

In  addition C can  be calculated from the equation LE 

I 

I 

. .9 where dcLT i s  found from the C and 8 . curves i n  the same manner 

as  2. Another  check on the   vdue  of C can be obtained from 

d8 LT 
.. 

a . d6 

L 
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where Z/c is  the longitudinal  distance from the  center of  gravi ty   to  
the  center of p r e s m e -  of the l i f t  caused by control-surface  deflection. 
For a conventional  airplane  configuration w i t h  a horizontal tail this 
distance can be estimated fairly accurately. 

The angle of  zero l i f t  can a l so  be determined, of course, from the 
plot ted curves of CL against a. 

A l t h o u g h  during the t e s t s  it i s  intended that the  elevator remain 
f i x e d  followfng a deflection, this may not be true because of  f l e x i b i l i t y  
i n  the operating mechanism. If the movement"of the control is  not so 
large as to al ter   s ignif icant ly   the free 'oscillation,  the data may be 
corrected  for the control movement. If the  control movement occurs a s  
a sharp break as in   f igure 5 ,  the lift coefficients can be corrected t o  
a constant-control  deflection by the  use of the  values of C L ~  already 
determined. New values of --C& and C L ~  can then be obtained i f  the 

change is appreciable. The period and damping constants  should be 
determined  before,  or  after,  such  breaks i n  the control-position curve 
occur  but not fo r  a time interval  which includes the break. If the 

' control movement occurs as a s inusoidal   osci l la t ion  in  phase with  the 
angle of at tack (as i n  reference g), the lift coefficients may be 
corrected as described previously  or the correction  to CLa can  be 
found fram 

= -% z d6 

The correct ion  to  C% ia given  by 

dS 
d[=% = -%l6 

where % is measured direct ly  from the flight t h e  history. 
da 

When hinge moments are measured on the model control  surface the 
hinge moment coefficients  are  plotted  against  angle of attack  for  each 
osc i l la t ion  similar t o  the lift coefficients. The slope of the  resulting 
curve gives the parameter C k ,  the  vertical  displacement between the 
curves fo r  two successive  oscillations a t  different  control  deflections 
gives chg, and  interpolation between the two curves  yields C b ,  the . 
hinge-moment coefficient  at  zero  angle of at tack and  control  deflection. 

I n  addition  to  the  basic aerodynamic design parameters the  f l ight-  
test results may be analyzed to obtain the flying qualities for a I 

! 



I 

NACA RM LgI(2B 21 
- 

I 

full-scale  airplane.  For t h i s  purpose it is not  neceseary t o  determine 
a l l  of the aerodynamic derivatives  for  the  configuration  tested  unless 
the  f lying  quali t ies  are  desired  for a different  center-of-gravity  loca- 
t ion  from that on the moilel teated. 

I 

From the  curves of C fo r  given  control  deflections  the  control 
deflections f o r  trim can  be  determined fo r  any airplane flight condition 
by calculating  the l i f t  coefficient  required and interpolating from the 

measured data.. Similarly,  values of control  effectiveness - can 

be computed from the same curvee. If hinge moments have been measured, 
the  control  forces f o r  trbn and maneuvering can be calculated. 

LT 

h n / g  
A6 

The period and damping of the  longitudinal oscillation for  a fliLl" 
size  airplane m y  be calculated from the model values by the w e  of the 
known fl ight  confit ions and mass characterist ics of each. For this 
purpose only the  lift-curve  slope C h  need be determined' from the data 

or e s t w t e d .  From equetions (A5) and (A13), omitting the A2 term, the 
following  equation can be derived: 

I 

I 

: 

I 

The A2 terh  in   equat ion (A13) is ordinarily only a few percent of the 
B2 term  and f o r  the purpose of converting from model t o  airplane  values 
of period i ts  omission is justified. For the same center-of-gravity 
locations  then % = c %  and 

: 

I 

Similarly, from equations (Ab) and ( ~ 6 )  the following  equation can be 
derived f o r  the damping: 

I 

I 

where x is  the  fraction t o  which the osci l la t ion has dampd in the 
t;ime ' I ' v e  
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In t h i s  equation % and % rieed not be the same. For instance, ’ - 
the  damping time usually desired for the airplane is  the time t o  damp t o  

one-tenth  amplitude (% = i}, whereas from the  model-flight  record it 

m y  be more convenient to determine the time t o  damp t o  one-half 
amplitude (% = a). The usual damping  req&ement for  airplanes is 

s t a t ed   i n  &rms of the number of cycles  required  to damp t o  one-tenth 
amplitude  and t h i s  can be calculated from 
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APPENDIX B 

Effect of Assuiptions i n  Analysis 

23 

L 

The purpose of this diecumion i s  to   jua t i fy   the  assumptions =de 
in  the  anaiysis and t o  investi-te the effects  of the more important 
terms omitted from some of the  equations in appendix A., 

The effects  of the  third  degree.of freedom (fore and a f t  displace- 
ment) actual ly   exis t ing d u r ' i n g  the flight, the   in i t ia l   inc l ina t ion  of 
the f l i g h t  path,  the  omission of the derivative C L ~ ,  and  the q i s s i o n  

of the term 3 i n  equation (AX?) were all investigated by, using 

the aeroaynamic derivatives  obtained frm.the model f l i g h t  and  estimated 
values of .CL and C, t o  calculate  the  period  and damping of the 

short-per-iod  oscillation of the model fo r  the following three  conditions: 

cm CL 

m t  

9 9 

1. Two degrees of f reedm with an initial flight-path angle of Oo 

2. Two degrees of freedom w i t h  an initial fl ight-path angle of 
30° (climbing) 

3. Three degrees of freedom w i t h  a n   i n i t i a l  flight-path angle of 30° 

- +  . .  

L 

Comparison of condition 1 w i t h  the measured values of period and damping 
shows the  effect  of the omitted t e r n .  Comparison of conditions 1 and 2 . 
shows the   effect  of t h e   i n i t i a l  flight-path angle. , Comparison of 
conditions 2 and 3 shows the ef fec t  of the third degree of freedan. . 

For al1,three  conditions the calculated period and damping of the 
short-period  oecillation a t  a Mach  number of 1.25 were the same as  thoee 
measured from the   f l igh t  time history  within I in the third significant 
figure, which i s  w e l l  within  compuktional  accuracy. For condition 3, 
a phugoid oscillation.was  obtained having a period of 263 seconds. The 
t o t a l   f l i g h t   t h e   f o r  which data w e r e  analyzed.was 16 seconds.  Condition 2 
gave a slowly  divergent flight-path motion in   add i t ion   t o  the short-period 
oscil lation. 

The variable  forward  velocity, which wa8 neglected i n  the analysis, 
nay be considered t o  have three  effects:  

1. A small perturbation  velocity  resulting from the  drag  terms i n  
the equation describing the third degree of freedoin 

I 



2. A quasi-stead$ s t a t e ,  or  basic, motion  having a constant 
accelemtion 

and 

3. The effect=-of  an  sccelerated a i r  f low on the aerodynamic 
characterist ics of the various components of the   a i rc raf t .  

The f i r a t   e f f ec t -  l i s t e d  has already been investigated and found t o  be 
insignificant . 

The e f fec t  of the  constant  acceleration of the steady  state, o r  
basic, motion waa investigated  in  reference  10 using three  degrees of 
freedom. It was shown that. the effect  of acceleration i s  to  introduce 

addltional terms -. into the characteristic  equation, the additional 

terms being  additive to the terms involving  lift-curve'slope, drag, and 
damping i n  pitch, as follows: 

v 
v2 

Y = E ( C D  + Ck) + - v 
2m v2 

Calculations made f r o m  the dah discussed i n  the body of  this gaper give 
the  following numerical resul ts :  

3490 2.2 y I "  
106 10 6 

I 

e840 2.2 
z=6-,06 10 
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- - Thus, the  acceleration has a measurable effect  only on the X term. 
It has already been  found that the X term  which appears i n  the  equation 
describing  the th i rd  degree of freedom has a negligible  effect  on the 
short-period  oscillation. It may therefore be concluded that the 
acceleration has a negligible ef fec t  on the results derived from the 
short-period  oscillation. 

Reference 11 investigates  analytically  the  effect  of accelerated 
air flow on the  pressure  drag-and  lift-curve  slope of t h in  wings in the 
-transonic  and  supersonic  speed  ranges. The wing i s  considered as 
deceleratifig from supersonic.  speeds,'which i s  the actual case f o r  the 
rocket models. The greatest effect  occurs a t  a Mach  number of 1.0 where 
for  unaccelerated air flow.the aeroaynamic quant i t ies   are  infinite and 
fo r  decelerating  air   f low.the aerodynamic quantities are  finite. Numerical 
calculations  in  reference 11 indicate that a t  M = 1.02, for  example, the 
pressure drag of a wedge a i r f o i l  and  the  lift-curve slope of a f la t -p la te  
a i r f o i l  of the  size on the model discussed' in this paper would be 
decreased by 16 percent if the a i r f o i l  were decelerating a t  a r a t e  
of 376g. The actual  deceleration obtained on the model was about 4g 
at  supersonic  speeds. T h i s  effect'may  therefore  be  considered  negligible. 

c 

* The calculations  described  previously  indicated that the aerodynamic 
terms and  'derivatives  omitted from the  analysis had a negligible  effect 
on the  per'iod  and danping of the motion, from which the static s tab i l i tg  
and damping factor were determined. The e f fec t  of tkae derivatives 

and CL;L on the  variation of l i f t  coefficient w i t h  angle of a t tack 
was investigated  also,  using  estimated values for ' and C It 

was found that the  effect  on the slope C h  was not measurable, but 
that the  values of CL a t  a given  angle of at tack were affected by 
the direction of motion of the model. That is, when the values of CL 
were plotted  against a during one oscil lation  the curve  obtained when 
the model was pitching up did  not  coincide with the curve obtained when 
the model was pitching down.  The curves had the same slope  but were 
displaced in  such a direction as t o  show a phase lead of the l i f t  
coefficient compsred t o  the  angle of attack.  1Jhen.calculated  corrections 
f o r  the terms CL and CL. were applied,  the curves tended t o  move 
together. The curves in   f igure 8 have been corrected f o r  th i s   e f fec t .  
The corrections were l a r g e r   a t  subsonic  speeds t h n  a t  supersonic  speeds. 

% 
%' 

Q a 

The method of analysis   in  appendix A i s  not s t r i c t l y   v a l i d  if the . 
aerodynamic. derivatives  are  not  constant a t  a given Mach number. The 
major e f fec ts  of such nonlinearit ies can be  determined, however, by 
choosing control-surface  deflections which  cause the model t o  o sc i l l a t e  
mer  different  ranges of angle of attack. This actually  occurred on 
the model f l ight  described  in this paper w h e r e  different  values of C b  
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were obtained  for  positive and  negative  control  deflections  in  the 
transonic  region. If the aerodynamic derivatives  are  extremely  nonlinear 
within the region dovered by one oscillat-ion,  then  the  values  obtained  in 
the  analysis are only  average  values  indicative of the  trend of the data. 

Certain of the  derivatives can be nonlinear  without  serious’ly 
,affecting.the  results.  For e-ple, the  period o f  the  oscil lation i s  
almost  completely  determined  by Cm,, a l l  other terms having on ly  a 
very small influence;  thus,  nonlinearities i n  a l l  other  derivatives 
would not  appreciably  affect  the  calculated  values  of-Cm,.  Considerable 
judgnent is  necessary In interpreting  the data when evidences  of 
nonlinearit ies  exist  and other more laborious methods  of analysis may 
be necessary. 

Since  the model is  decelerating,  the Mach  number will change 
during  each  oscillation  and the aerodynamic derivatives will change also.  
The values obtained  in  the  analysis  are thus average values over a small 
Mach  number interval.  The e f f e c t   o f t h e  varying Mach  number on the 
calculated results is  minimized by determining  the  required  information 
over the shortest  possible time interval.  The lift-curve  slope can be 
determined during one-half cycle of an  oscillation,  for  instance. The 
static-stabil i ty  derivative C,, is obtained by measuring  each half- 
period  and  multiplying by two, plott ing  the  results  against  Mach  number, 
aud making the computations from a fa i red curve as shown i n  figure 10. 
The  damping time  can a l so  be measured several  times  during  an  oscillation - 
and plotted  against Mach number. Similarly,  the values of Ch, C+, 

and aq can be deter’mined f o r ’  each  oscillation,  plotted  against Mach 

I 

- e, 
“LT % number, and  the  quantities ah ,  -, -, and 9 obtained from 
d6 d6 , . 6 4 .  

fa t red curves through the points  rather  than from the  increments between 
measured points a t  different Mach numbers. 

The change i n  Mach number during one-half  cycle of an  oscil lation 
on the fl ight   tes t   reported  herein wa0 about 0.01 a t  supersonic  speeds 
and about  0.0035-at  subsonic  speeds. Thus, unless the aerodynamic 
parameters  vary  very  rapidly  with Mach  number, the  error involved  should 
be small. 
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TABU3 I 

FUSELAGE NOSE AMD TAIL ORDINATES 

0 
.060 
.122 
,245 
.480 

’ -735 
1.225 
2.000 
2.450 
4.800 
7.350 
8.000 
9.800 
12.250 
13.125 
14.375 
14;700 
17. iy 
19.600 
22.050 
24.500 
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TABU I1 

CHARAC'IIERISTICS OF AlRPLAME 

Weight, lb . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  20,000 
W i n g  area, eq ft . . . . . . . . . . . . . .  : . . . . . . . . . . .  170 
Mean aeroaynamic  chord, ft . . . . . . . . . . . . . . . . . . . . .  8.0 
Moment of - ine r t i a  (Iy), slug-ft 2 . . . . . . . . . . . . . . . .  50,000 
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(a) Tbree-quarter  front v i e w .  

"is57 
L-59511 

(b) Top view. . 

Figure  2.- Model tested. - 
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Figure 3. - T a i l  section of madel. 
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Figure 4. - &del on launcher. 
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(a) Bupereodc. 

Figure 5. - .Typical portions of time h l s t o r y  of flight. 
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(b) Subeonic. 

Figure 5.- Concluded. 
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(a) M = 0.76. 
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. a. dag 

(b) M = 1.25. - 
Figure 8.- Variation of normal-force coefficient with angle of attack. 

Arrows indicate direction of angle-of-attack variation durfng 
oscillation. , 
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Figure 9 .  - Maxinnk normal-force  coefflcients obtained in region where 
model apparently stalled. 
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Figure. 10. - Stat ic   s tabi l i ty   character is t ics .  
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(a) Tfme to damp to one-half amplitude. 
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(b) Danping factor 

Figure 11.- D s m p i n g  characterist ics of  short-period oscil lation. 
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Figure Er- Variation of minimum drag coefficients d t h  Mach number. 
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Figure 13.- E f f e c t  of lift on drag. 
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Figure 15.- Variation of trim n o d - f o r c e  coefflcients and*anglee of attack with Mach 
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Figure 16. - Effectiveness of  tkie elevator i n  producing pitching moment. 
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Figure 17.- Elevator  deflection fo r  level  f l ight  fo r  assumed airplane 
a t  40, 000 f e e t .  
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Figure 18. - Elevator  effectiveness fo r  .assumed airplane at b , O O O  feet. 
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Figure 19.- Charaateristics of short-period longitudinal osc i l la t ion  f o r  
assumed a i rp lane .   u t i tude ,  40,000 feet. 
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Figure 20. - Maxirmun normal acceleration for  assumed airplane 
a t  40,000 feet .  
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